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Appendix A 
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Appendix B 
THERMAL PROTECTION SYSTEM ENVIRONMENTS FOR THE 
MODULAR NUCLEAR VEHICLE 
Throughout the courre of the contract program condderable environmental data were 
used a s  the bases for uelection of material and for compatibility with designs of 
insulation alsenlbliea and support etructure for the Modular Nuclear Vehicle (MNV) . 
The ground rules and assumptions employed in this program a re  presented in this 
appendix. 
AMBIENT PRESSURE 
Data provided in the bontrgct document (Ref, B-2) established the pressure history 
for a Saturn V two-stageJto-orbit flight. TUB is shown in Fig. B-1 . Gas evacuation 
experiments in Teak 6 a re  based on a. preeaure-time prcfils which exceeds the slope 
of Fig. B-1 data. 
VEHICLE ACCELERATION 
Acceleration data for  a Saturn V two-stage-to-orbit flight wa8 also presented in the 
contract document (Ref B-1). Figure B-2 presents the data. The maximum accelera-. 
tion of 5 g occum at 160 sec. Rebound acceleration can occur at staging. A maximum 
value of 2.5 g was used in Task 2 as applied to etructural support designs. 
ACOUSTIC ENVIRONMENT 
The ineulation must mainfain structural integrity during exposure to Saturn V external 
sound pressure levels d u e  the liftoff and boost phases of flight. Sound pressure 
levels anticipated for the MNV a r e  preeented in Tables B-1 and B-2 (Refs. B-2 and 
B-3) . 
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FLIGHT TIME. (SEC) 
Fig. B-1 Saturn V Two-Stage-to-Orbit Ambient Pressure 
va Flight Time 
B -2 
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FLIGHT TIME (SEC) 
Fig. B-2 Saturn V Two-;Stage-to-Orbit Acceleration ve. Flight Time 
8-3 
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Table B-1 
ACOUSTIC ENVIFlONMENT FOR MODULAR NUCLEAR VEHICLE TANK 
BOTTOM - DOME INSULATION (PREDICTED VALUES FROM REF. B-2) 
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One-Third Octave Band 
Geometric Mean Frequency 
(Hz) 
5.0 
6.3 
8.0 
10.0 
12.5 
16.0 
20.0 
25.0 
31.5 
40.0 
50.0 
63.0 
80.0 
100.0 
125. 0 
160.0 
- 
200.0 
250.0 
One-Third Octave Band 
Sound Pressure Levels* 
(db) 
127.5 
129.0 
130.5 
132.0 
133.0 
134.5 
135.5 
136.5 
137.5 
138.5 
139.5 
140.0 
140.0 
140.5 
140.0 
140.0 
- 
140.0 
I 140.0 315.0 
400.0 
500.0 
630.0 
800.0 
1,000.0 
1,250.0 
1,600.0 
2,000.0 
2,500.0 
3,150.0 
4,000.0 
6,000.0 
6,300.0 
8,000,O 
10,000.0 
140.0 
139.5 
139.5 
139.5 
139.0 
139.0 
139.0 
139. 0 
139.0 
139.0 
138.5 
138.0 
137.5 
136.5 
135.5 
133.5 
Overall Sound 
Pressure Level 153.0 db 
Table B-2 
ACOUSTIC ENVIRONMENT FOR MODULAR NUCLEAR VEHICLE TANK 
CYLINDRICAL INSULATED SECTION (PREDICTED VALUES FROM REF. B-3) 
One-Third Octave Band 
Geometric Mean Frequency 
CHz) 
5 . 0  
6 . 3  
8 . 0  
10.0 
12.5 
16.0 
20.0 
25.0 
31.5 
40.0 
50.0 
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One-Third Octave Band 
Sound Pressure  Levels* (a 
12G.5 
128.0 
129.5 
131.0 
132.0 
133.5 
134.5 
135.5 
136.5 
137.5 
138.0 
1,000.0 
1,250.0 
1,600.0 
2,000.0 
2,500.0 
3,150.0 
4,000.0 
5,000.0 
6,300.0 
8,000.0 
10,000.0 
138.5 
138.5 
138.5 
138.5 
138.5 
138.5 
138.0 
137.5 
136.5 
135.0 
134.0 
Overall Sound 
Pressure  Level 152.0 db 
VIBRATION ENVIRONMENT 
This tank insulation material will be required to conform to basic MNV specifications 
and be capable of withstanding the maximum vibrational environment generated during 
the Saturn V liftoff and ascent phases of flight. The insulation for the tank bottom and 
cylindrical sections will be exposed to the followiug conditions: 
Sinusoidal Sweep 
10 - 14 Hz, 0.4-in. peak-to-peak amplitude 
14 - 300 Hz, 4.0-g zero-to-peak acceleration 
300 - 470 Hz, 0.0008-in. peak-to-peak amplitude 
470 - 2000 Hz, 10 .O-g, zero-to-peak acceleration 
Sinusoidal Dwell 
10 - 14 Hz, 0.2-g peak-to-peak amplitude 
14 - 300 Hz, 2.0-g zero-to-peak acceleration 
300 - 470 Hz, 0.0004-in. peak-to-peak amplitude 
470 - 2000 HZ, 5.0-g zero-to-peak acceleration 
Random Vibration 
Frequency 
(Hz) 
-
Spectr 1 Density f (I3 /Hz) 
O *  l5 (17.2-g rms) 
0.15 
Shock 
Peak Acceleration 30 g 
Pulse Duraiisn* 10 ms 
Pulse Shape Sawtooth 
TEMPERATURE ENVIRONMENT 
Ascent 
Temperature effects during ascent consist primarily of possible temperature de- 
gradation of system components during the ehort duration of aerodynamic heating. 
*For the sawtooth pulse, the r ise  time is equal to the pulse duration and the decay 
time should be less than 1 ms. 
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Previous studies (Ref. B-5) indicate that maximum temperatures of the shroud outer skin 
occur between 2 and 3 min after launch. It  was shown that an outer shroud consisting of 
0.1-in. aluminum sheet reached 220" F. The current design of the outer shroud, con- 
sisting of 6.3-in. of aluminum honeycomb with two cover sheets of 0.04-in. beryllium, 
has a density-times-specific ( p  c factor more than three times that of an 0. 1-in. d 
aluminum shroud. Therefore, the honeycomb-sandwich shroud should reach a lower 
ultimate ascent temperature than the calculated 220" F of the aluminum shroud. I t  was 
assumed that this is the rnaximum temperature to which the insulation is exposed. 
Earth Orbit, Mars Transfer. Mars Orbit 
Average outer-surface temperatures employed in this study were obtained from 
Ref. B-4 and a re  for a white painted surface ( a  = 0.19, E = 0.85) and for an 
optical solar reflector (OSR) surface ( a  = 0.05, E = 0.8). The temperatures a r e  as 
follows: 
Averape Surface Temperature [" Rl  
Earth Orbit Mars Transfer Mars Orbit 
White Paint 400 220 350 
OSR - 185 - 
For Mars transfer, a value of 220" R was taken a s  an average. 
An indication of the external temperature variation around the meteoroid shield 
circumference during Mars transfer can be obtained from Fig. B-3. Similar curves 
for Earth orbit would indicate a maximum of less  than 460°F. 
TANK-BOTTOM-INSULATION RADLATION ENVIRONMENT 
The neutron and gamma environment for  the MNV tank bottom was derived from 
previous work accomplished for the 5000 Mw NERVA (Ref B-6). Using the current 
NERVA 1 engine rated a t  1575 Mw and the appropriate scaling factor, the incident 
neutron and gamma energy was determined for  the tank bottom. This is the higheet 
exposure level expected in the MNV. 
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Neutron numbers and energy currents incident to the tank bottom at the insulation/ 
tank-skin interface a re  listed in Table B-3 for varioua radii measured from the 
tank centerline. Incident noutron energy obtained from the product of energy current 
and corresponding subeurface area im listed in the laat column. The table shows 
kinetic power carried by neutrons above 0.1 Mev entering the tank insulation is 31 kw 
(29 ~ t u / s e c )  .
The incident gamma-ray energy current into the t a ~ k  bottom insulation i s  presented 
in Table B-4, The data include primary fission gamma, reactor component 
secondary gamma, and the integrated total gamma over the radial band area. The 
total incident gamma energy entering the bottom insulation is 90 kw (85 ~tu/sec!. 
Maximum radiation levels in the region of the tank bottom insulation a re  estimated at 
11 2 6 7.4 x 1 0  n/cm sec for neutrons above 0.1 Mev and 5.8 x 10 rad/hr for gamma 
7 rays, for sn equivalent gamma of 1.5 x 10 r a d h r .  
Total power entering the tank bottom is curnputed to be 121 kw, 90 kw flom gamma 
radiation and 31 kw from neturon radiation. 
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Table B-3 
NEUTRON NUMBER AND ENERGY CURRENTS 
INTO TANK BOTTOM INSULATION 
Note: Total incident neutronpower - 1.94 (17) Mev sec-I = 31 kw = 29 Btu aec-' 
GAMMA RAY ENElRGY CURRENT INTO 
TANK BOTTOIK INSUSATION 
Gamma 
Limits 
Note: Total incident gamma power = 5.58 (17) Mew sec-' = 90 hv = 85 Btu seem1 
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Appendix C 
DERIVATION O F  ONE-DIMENSIONAL HEAT TRANSFER 
RELATION IN MU LT1L.AYER COMPOSITES 
This appendix describes the derivation of the engineering relation used to determine 
one-dimensional heat transfer via conduction and radiation through multiiaye; insula- 
tion composites. The relation was applied in Task 1 to extend measured effective 
thermal conductivity data obtained a t  540"/140°R insulation houndary tcmperatwes  
fo r  each composite tested to temperatures of 40O0/40"R, 350°/40"R, and 220" j40°R 
for a range of layer densitiee. These results were then applied in the effective weight 
parameter and in the sensitivity to  compression parameter used for comparing relative 
performance of candidate composites (see Tables 1-13 and 1-14). 
NOMENCLATURE 
A angstrom 
A a r e a ,  f t  2 
unit 
adsorption coefficient, ft-' 
constant, dimensionless 
heat capacity a t  c o n ~ t a n t  volume, Btu/lb- OR 
m r  , radiation parameter ,  dimensionless 
diameter,  f t  
modulus of elasticity, ps i  
radiant heat flux, Btu/hr-ft 2 
conductance, ~ t u / h r - f t 2 -  'R 
latent heat of vaporization. Btu/lb 
radiant intensity, Btu/hr -steradian 
thermal conductivity, Btuhr-f t -  O R  
characterist ic dimension of an enclosed volume wi 1 respect  to gas  flow, f t  
LQCKHEED MIS,SILES & SPACE C O M P A N Y  
I length, ft 
m , n , p exponent, dimensionless 
de f i~ed  by Eq. (C. 9 ) ,  dimensionless 
number of radiation shields, dimensionless 
number of radiation shields per inch of insulation thickness, in. - 1 
surface geometry parameter,  dimensionless 
pressure,  psia 
heat flux, Btu/hr-ft 2 
power or  heat ra te ,  Btu/hr 
scattering c ross  section, ft-l 
resistance, Hr- "R/Btu 
radius, ft 
thickness of insulation, ft 
absolute temperature, OR 
velocity, ft/sec 
voltage, volts 
3 
volumetric flow ra te ,  f t  /sec 
distance measured parallel to the X axis,  ft 
accommodation coefficient, dimensionless 
extinction coefficient, f t-l  
total hemispherical emittance , dimensionless 
mean free path, ft , o r  wavelength, micro-meter 
ratio of absorption to extinction coefficient, dimensionless 
Poissonts ratio, dimensionless, micro-meter 
density, lb/ft3 
2 4 Stefan-Boltemanu constant, 1.713 x lo-' Btu/ft -hr- OR 
C-2 
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optical thickness, dimensionless 
defined by Eq. (C. 2) ,  dimensionless 'I 
Subscripts 
c refers to cold boundary of insulation 
e refers to effective value 
g refers to a gas phase 
S refers to spacer 
m refers to mean condition 
h refers to hot boundary of insulation 
SIMULTANEOUS RADIATION AND CONDUCTION 
In evacuated multilayer insulations, heat transfer occurs simultaneously by conduction 
and radiation between the reflective layers. For many systems the total transport is 
a function of the interactions between these two mechanisms, and the strength of their 
interactions is dependent GZ the radiative properties of the surfaces and the separating 
media a s  well a s  the relative magnitudes of the solid and radiative fluxes. For the 
analysis, solid-to-solid conduction, a s  well a s  conduction through any residual gas, 
will be considered as  one process. This is based on the assumption that although the 
transport processes in each medium may not be the same, the flux for both may be 
expressed by the product of a temperature gradient and a conductivity. Thermal energy 
leaving one surface passes through a conductive phase, a s  well a s  by radiation through 
the intervening space. The latter may be transmitted directly through void and solid 
phases, may ix scattered by dispersed solid phases, and may be absorbed and re-  
emitted by the solid phase. 
A number of investigators (Refs. C-1 through C-4) have studied the simultaneous 
radiation and conduction probiem, and their results form the basis for the present 
analysis. The steady-state conservation of energy equation for the one-dimensional 
case is given by Eq. (C. 1). 
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Watg and Tien (Refs. C-3 and C-4) have developed heat-flux equations that a re  appli- 
cable to the multilayer insulations studied in this program. The model of the problem 
is depicted in the sketch below. 
The rate of change of the radiant flux with distance through the layer is related through 
the intensity I and the temperature of the layer. The orientation of the ray is described 
by angles Q and 9 .  
The phy~ical system is characterized by three dimeneionless parameters defined by 
Eq. (C.:!). 
The parameter q relates the magnitude of comhrctive to radiative energy transport; 
for 9 >> 1, conduction is predominant, whereas, for q cc 1, radiation dominates. 
Optical thickness of the media is represented by T , and A' relates the absorption 
to the extinction properties of the material. For scattering and absorbing media, the 
extinction coefficient includes both scattering and absorption coefficients. If A c< 1, 
scattering dominates. 
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Consider a system of parallel boundaries of emittance E . For the strongly interacting 
radiation-dominant cam, t) << 1 and ( q / ~ 1 r 2 )  << 1, Wang and Tien show that 
1 2  Similarly, for an optically thin o r  conduction-dominant case, t) >> 1 or  tq/A T ) >> 1, 
the solution for heat flu is given by 
If the spacer media has a very small absorption coefficient T << 1, and Eq. (C. 4) 
becomes 
Equation (C. 5)  shows that for this case interaction is negligible, and total heat flux 
may be considered simply as the sum of the individual fluxes. For shields not having 
a spacer layer but that a re  separated by crinkling for dimpling of the radiation shield, 
a s  well a s  those separated by a nonradiative layer such as an open netting, the extinc- 
tion coefficient is zero and T = 0 ; the equation for the heat transfer across such a 
system is 
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and for a system of N reflective shields between boundaries Th and Tc 
Next, consider the case of a spacer layer for  which T # 0. Fibrous spacers, while 
having finite absorption and extinction coefficients, a r e  generally of small thickness 
so that h1r2 < 1, and for the optimum layer density for minimum effective thermal 
conductivity, 7 2 1, resulting in (r) /h T ~ )  > 1. For these materials, d%? T < 1 
and typical values a r e  1.0 > T > 0.1 (Ref. C-5). For H reflective shields, 
the equation for heat transfer from Eq. (C. 4) and for r = c is 
The effect of the interaction is no longer negligible. and the total flux is increased 
over that of the case of c << 1. This increase may be expressed a s  some factor ii 
times the noninteracting condition. The numerical value of ii is calculated from 
Typical values of ii a r e  1.7 for Tissugla~s and 2.7 for  Dmglae, 
Heat transfer for highly efficient multilayer insulations should be accurately predicted 
by the method of euperimpoeing the conductive and radiative fluxes. considering 
only radiation transport, this heat f l u  is increased by the use of a finite thickness 
of an adsorbing spacer material. Thie is illustrated by the values of n for Tissuglas 
and Dexiglas. Both materials have essentially the same adsorption and scattering 
coefficients. However, the thickness of Tissuglas is 6 X lo-* in., as compared to 
3 x in. for Dexiglas; thus, r of the former is approximately 1/5 of that of the 
latter. This is reflected in the values of ii for these two materials. A second con- 
sideration is the increase in reflective shield total hemispherical emittance for  the 
metal dielectric interface case over that into a i r  o r  vacuum. Caren (Ref. C-6) has 
reported the increase in emittance to be approximately 1.3 to 1.4 for glass fiber media. 
GASEOUS CONDUCTION 
Although thermal conductivity of the residual gas in a multilayer insulation in vacuum 
is very small, it should be examined to evaluate its effect on thermal conductivity of 
advanced, high-performance insulations for space applications. From kinetic theory, 
the thermal conductivity of a gas is given by 
k = CpCvuA (C. 10) 
Conductivity a t  constant temperature is then proportional to the density bf the gas 
and its molecular mean free path. As  the mean free path is inversely proportional 
to  the number of molecules per unit volume and the densily is directly proportional 
to the number of molecules, the conductivity of a free gaa is essentially constant 
, 
over a wide range of pressures at low densities. However, for the case of a restric- 
ted o r  contained gaa, aa occurs in the interstices of a muMlayer insulation, the 
mean free path of the gas becomes larger than the characteristic dimemions of the 
void space as  pressure is reduced. Thermal conductivity of the unrestricted gas is 
then directly proportional to preeeure aa density decreases with decreasing pressure, 
but the effective path length is conatant. 
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Considering both molecule-molecule and molecule-surface collisions, 
(Ref. C-7) derived an effective mean free path for the restricted gae, 
Verschoor 
which is given by 
(C. 11) 
The pressure-dependent thermal conductivity of a gas contained within the insulation 
voids i s  
(C. 12) 
(C. 13) 
Where k* is the thermal conductivity of the f r e e . p s  at a specified temperature. The 
iz 
accommodation coefficient a) represents the ratio of actual-to-equilibrium energy 
transfer, and it may vary between zero and unity, depending upon gas specie and 
surface conditions. 
Variation of mean free path with temperature and pressure a r e  of the form Po/P and 
(T/To) [ .n 1 ,  where the subscript denotes reference conditions and the exponent 
n is dependent on the Lennard-Jones parameter and the collision function. Values of 
the mean free path a s  a function of pressure for  two temperatures a r e  given in Fig. C-1 
for a i r  and helium. At a pressure of torr,  o r  less, and for the void dinensims i 
typically found in multilayer insulations (5 X to 3 x 10'~ in. ), the gas conductivity 
is less than 10'~ ~ t u / h r - f t - ' ~  . Thermal conductivity as a function of prt?saure is 
shown in Fig. C-2 for air and helium a t  200' and 500°R for three characteristic void 
C-8 
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10-1 1 10 
MEAN FREE PATH, x (FT) 
Fig. C-1 Variation of Mean Free Path for Air and Helium With 
Prereure for Tempemturerr of 200' and SOO'R 
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GAS THERMAL CONDUCTIVITY (BTU/HR-FT~R) 
Fig. C - 2 Thermal Conductivity of Air and Helium aa a Function of Pressure 
for Several Cbaracterietlc Void Dirne~ionr and Temperatume 
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or cell dimensions that a re  typical of t h a e  found in multilayer imulation systems. The 
dimensions of 8.3 x loe4 and 2.5 x ft correqxmd to lengths occurring in systems 
having integral spacers (NRC-2, Supe.rfloc, etc, ) o r  the cells in foams. The smallest 
dimension correspond8 to a micron-size fiber spacer. Thermal conductivity of a gas 
in a multilayer insulation increarres elightly with decreasing temperature, a s  shown in 
Fig. C-3. This is due to a greater change in mean free path than in conductivity a s  a 
function of temperature. At pressures above torr ,  residual gas conductivity should 
be considered in high-performance systems having relatively large void dimensions. 
However, for the systems and gas pressures under consideration in this study, gas 
conductivity is negligible compared with radiation and solid conduction. 
SOLID-PHASE CONDUCTION 
For the general case of the multilayer system, the overall solid conduction ia a func- 
tion of the contact area per interface, the number of interfaces, the thermal conducti- 
vity of the spacer layers, and the thermal conductivity of the shield materiala. 
Treating these as thermal resistancsls in series, the overall solid phase conductivity 
k, becomes 
and 
(C. 14) 
(C: 15) 
where Ri , q , and Rr are the thermal resistances of the interfaces, spacer, and 
shields, respectively. For a s y ~ t e m  coneisting of N radiation shield8 and N-1 
spacers, the total rewistance is 
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Fig. C -3 Variation of Thennat Cowhctivity With Temperature 
for a Restricted Gan at Low Pressure 
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For high performance multilayer imulationr, the rerirtance of the radiation shield 
lxyer ig several orders of magnitude leas than that of either the interface or spacer 
and may be neglected, 
Considering the spacer material to have a thermal conductinty k: (which is at the 
bulk density of the particular spacer and is not the c~nductdvity of the material from 
which it ie fabrlxated), the reaistance of a spacer layer is  
(C. 17) 
The resistance at each interface cannot be determined easily hcauee of the ccmplexity 
of the surfaces (which are generally not well characterized) and the non-uniformity of 
load or  pressure distribution at the interface. However, identification of the principal 
physical parametere providee a method to eemi-empiricalljj analyze this mechanism. 
Consider this resistance to be that between two wavy, disclimilar surfaces, one of 
which also may be very rough. The conductance across the surfaces, their thermal 
conductivities, roughness and wavinees characteristic dimeneioms, deformation of the 
materials under a load, and geometry of the cantact area are  the prbxnary parameters. 
The conductance may be expressed a8 
(C. 18) 
m 
The [ kl term conaiderr the t b rma l  ch.nctsriaticm d E 1 the deformation 
characteristicrr of the materials, whereas, the geometries of surfaces and asperities 
are related by [ r ]  and [oln. C o d n i n g  the surface, ddormation, thermal, a d  
geometric parameters and their exponents into a single c d c i e n t ,  the conductance 
for a specific combination of shield and spacer materiala in given as a function d a 
pressure or compresdve load by 
(C. Nj 
This form permits r. comparison to be made of the conductance a s  a function of layer 
density for a given uystem because the pressure is related to the number of layers 
per unit thickness. 
The thermal resistance at each interface is 
(C. 20) 
and the overall solid-phase conductivity, considering interface and spacer resistance, is 
(C. 21) 
- 
The term t/(N - 1) is the reciprocal of layer deneity, N, and by substitution of 
Eq. (C .I9 ) , the solid-phase thermal conductivity becomes 
(C. 22) 
For many of the high-performance cryogenic multilayer systems, the term ts/kz is 
small compared to the interface resistance term, and solid-phase thermal conductivity 
i s  then proportional to the pressure to some power and inversely proportional to the 
number of layers, as shown by 
(C. 23) 
EFFECTIVE THERMAL CONDUCTIVITY 
The total heat flux through evacuated cryogenic multilayer inaulationa is accurately 
predicted by the method of superimposing the individual fluxes caused by conduction 
and radiation. The effect of spacer materials on radiation transfer must be considered, 
and the solution proposed includes such corrections when required. The conditions 
governing the application of the correctione a re  eetablished by the dimensionless param- 
eters relating to the optical character of a spacer material. The general equation used 
for the analysis of cryogenic multilayer insulation heat flux is 
ks (Th - TC) + BU(T; - T:) 
= t (N - I)($ - 1) (C. 24) 
where Z is the effective emittance of the reflective shield& e. , total hemispherical 
emittance corrected for metal-to-dielectric emieeion when applicable) and ii is given 
by Eq. (C. 9). The effective thermal conductivity of the iarsulation is 
(C. 25) 
Considering that the mechanical and thermal properties a r e  linear functions of tempera- 
ture, the equation for effective thermal conductivity becomes 
(C. 26) 
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Thc terms defining the radiative properties of thc shields and spacer materials (c and 
ii, respectively) a r e  based on experimentally determined shield total hemispcrical 
cnlittnnce and spacer absorption and extinction coefficients for each type of insul, ~1 t' lon 
composite. Substitution of the appropriate values in Eq. (C .26) for  each multilaycr 
composite provides an equation that may be used to predict the insulation conductivity 
a t  any temperature, thereby extending the experimental data obtained from thc flat 
plate calorimeter (at 540 " /140° R) . 
Derivation of the constants in Eq. (C. 26) for each multilayer composite is accomplished 
bh f i rs t  determining the krad term, which constitutes the right-hand portion of thr! 
equation. The factor ii is determined from Eq. (C. 9) and is a function of experimentally 
determined values of optical thickness T and the shield total hemispherical emittance, E .  
Emittance of pure metal surfaces is temperature dependent over the range of cryogenic 
insulation temperatures, E = 4 T. Substitution of this relationship in Eq. (C. 26) 
results in an extremely complex equation. To evaluate this temperature effect, a 
computer program was developed to  use the form E = a. + a l  T. This solution was 
based on Qtotal - 
- 'solid cond + Brad , where 
- 
and Qsolid  1 zAks (Tn Ax- Tn-l) (C. 27) 
.- I + - I  
'n 'n-1 cond 
These equations were used to determine temperature distributions through the multi- 
layer composites. The solid curves of Fig. C-4 show the predicted temperature 
distribution through lo-, 50-, and 200-layer composites of double-aluminized Mylar 
with no solid conduction (ks = 0). The dashed curve of Fig. C-4 shows the pre- 
dicted temperature distribution for 10 and 50 layers of double-aluminized Mylar with 
a finite solid conduction, namely, k = 1 x Btu/hr-ft-OR. Effective emis- 
s 
sivities were approximated from these data. Without solid conduction (ks = 0) , 
(C. 28a) 
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Fig. C-4 Prediction Temperature Distribution Through Multilayer Insulation 
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and, with eolid cnnduction, 
(C. 28b) 
s of each composite inveetigrrted, it was not deemed neceesary t For analysi ;o attempt 
further refinement of the effective emittance relationship [ Eq. (C. 28b)l to account for 
each value of solid conduction (ks). At optimum layer densities, the soiid conductivity 
is  reasonably approximated by 1 X Btu/hr-ft-OR, and the use of Eq. (C. 28b) is 
sufficiently accurate for characterizing the data. At hhjher layer deneitles, ks 
becomes larger and Z -- (€h 'C ) . Theee two e.quations may, however, explain 
the rapid increaee in effective conductivity of multilayer compoeitee a s  the layer 
density decreases below the optimum, At low layer densitiee, the eolid conduction 
term is much smaller than the radiative term. For ke << krad, the emittance cor- 
rection factor increases from 1.1 to 1.3, which increases ke by a corresponding 
amount. 
When the layers a re  separated by a dielectric, euch as Dexiglas o r  Tiseuglas, a 
correction must be made in Eq. (C-2811). For  these cases, 
'h + 'c- i= (1 .35)( .1)  (C. 29) 
Values for r and At a r e  obtained f r o n  absorption and extinction coefficiente, 
Eq, (C. 2), which a r e  ueed with 2 to obtain i in Eq. (C. 9). This provides adequate 
data for determination of the radiation conductivity (lc* in Eq. (C. 26). 
Figure C-5 ehows experimexltal values of effective thermal conductivity for NRC-:! 
plotted versus layer density. Also ehown are valuee of radiation conductivity (k,) 88 
calculated using the right-hand term in Eq. (C. 26). Subtracting valuee of kr from 
the experimental values of ke producee valuee for the solid conductivity k,. Again, 
C-18 
LOCKHEED MISSILE;S & SPACE COMPANY 
40 60 80 1 00 120 
LAYER DENSITY, (PAD. SHIELDS/IN .) 
Fig, C-5 Effective Conductivity With Solid and Radiative Components - NRC-2 
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by use of Eq. (C. 26) and curve-fitting techniques, both C1 and n a re  established. 
In the case of NRC-2, the final equation is 
This equation was used to extend the 540"/140"R da.ta obtained fmm the FPC to 
other boundary temperatures. The equation for e w h  composite was derived in a 
similar manner. 
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Appendix J? 
FLAT PLATE CALORIMETER APPARATUS 
A descrigiion of the Flat Plate Calorimeter (FPC), used in Task 1 for the measurement 
of effective thermal conductivity a s  a function of insulation layer density, is presented 
in this Appendix. 
DESCRIPTION 
The major elements of the FPC are  calorimeter and guard cryogen reservoirs, a 
hot-bounkry heater plate, a vacuum chamber and pumping eyetern, and means for 
remotely changing and meaeuring specimen thickneee. A schematic of the FPC is 
shown in Fig. D-1. The apparatus is ehown in Fig. D-2. 
The calorimeter portion is  a 6.25-in.-diameter by 8-in. -high vessel constructed of 
stainlees steel with a 0.25-in.-thick'copper plate that contacts the specimen. It is 
filled' with copper wool to improve internal heat transfer and ha8 concentric fill and 
vent tubes entering at the top. The guard reservoir is 16-in. OD and 6.5-in. ID, and 
surrounds the sides and top of the calorimeter vessel. The surfaces of both vessels 
which contact the insulation a re  painted with a flat black paint ( c N 0.90). Compres- 
sive forces on the calorimeter section are  transmitted to the guard section through three 
spherical glass contacts. Adjurrtment meane a re  provided to maintain the surfaces con- 
tacting the insulation within 0.002 in. in the same plane. The calorimeter section vent 
and fill lines are  thermally grounded to the guard reservoir, and a radiatior. baffle is 
provided in the fill line. 
Hot-boundary temperature ie  maintained by a copper heater plate 16 in. in diameter, 
and 0.25 in. thick. Thie heater ir painted black on the ourface that contact? the 
insulation. A etainlere-steel-sheathed "K&&dl' heater wlnding ie brazed to the 
under side of this plate, and the assembly is thermally insulated from the water-cooled 
support plate below the specimen with a loading bearing block-type insulattng material. 
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a. CALORIMETER RESERV'OGR g. WARM TEMPERATURE BOUNDARY 
b. GUARD RESEI?' QIR HEATERS 
c. EDGE GUART .rSAT TXCHANGER h. INSULATION SPECIMEN 
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f . MICROMETER PLATE 
Fig. D-1 Flat-Plate Calorimeter Schematic Diagram 
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Five chromel-alumel thermocouples are  peened into the plate, one for control and four 
for hot-boundary temperature mea~urement. Control of heater temperature to & 0.5' F 
is achieved using a Leeds and Norehrop CAT controller with null detector and set point 
units. Heater power is from a well regulated DC supply. An edge-guard unit is  pro- 
vided, which permits control of the radiative environment viewed by the circumferential 
edge of the specimen. This unit may be operated between 540' and 14SdR. Five 
chromel-alumel thermocouples a r e  attached to the ring for temperature control and 
measurement. 
Specimen thickness is determined by the separation ;;?W .,an the fixed calorimeter and 
guard surface and the heater plate surface, which ie movable. This movement is 
accomplished through a hydraulic ram an.d vacuum bellows unit, which poeitione the 
support plate and heater aseembly. Height of the heater surface above a fixed datum 
plane is meaeured to 0.001 in. with a dial indicator having a least count of 5 x in. 
The dial indicator contacts a rod that is rigidly attached to the support plats. 
The vacuum chamber is fabricated from stainlese &el and is 30 in. in diameter and 
24 in. high. The pumping system includes a 4-in. L?12 trap diffusion pump and a 
15 cfm pump. During testing, chamber pressure is normally maintained at 1 x lo-' 
torr  o r  leee . 
Instrumentation prwided for data aquisition is primarily that required for temporac 
ture, pressure, and calorimeter eeotion boiloff measurements. A 10-in., 12-point 
strip chart recorder is used for monitoring hot-boundary, edge-guard, and g w d -  
reservoir temperatures. Not-boundary temperatures are measured with a b e d s  
and Northrop Model 868'1 potentiometer. Boiloff-gas temperature ie  nleasured with 
a mercury in glaes thermometer in the wst-teat meter. Ionization gages a re  used 
for vacuum chamher prsesure measurement, The calorimeter boiloff-gas flow i e  
measurod s i m u l ~ o u e l y  by a thermal-type mass flow meter (Schucco), and a preci- 
sion wet-teat meter connected in serien. Gae presaura in both calorimeter and 
guard reservoir is maintained within 0.03 in. of Hg by cartealan maaoatats oonnected 
to both flow circuits and located upetream from a mechadcal vacuum pump. The 
manostat& a re  adjusted to maintain the guard reservoir at a pressure of 0.1 a 0.03 in. 
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of Hg greater than that in the caiorimeter vessel. A s  the flow measuring devices 
are  sensitive to ambient temperature changee, they a re  located in a constant tempera- 
ture box maintained a t  556 * l e R .  The mass flow meter output is continuously re- 
corded on a 6-in. strip-chart recorder. Also, L record of the wet-test meter flow, 
based on one complete revolution (3 liters), is recorded as  a function of time. 
Auxiliary equipment is provided for control of heater temperatures and automatic 
filling of the guard resew ., 
APPARATUS CALIBRATION 
During the course of Task 1, calibration tests were made on the apparatus to ensure 
consisteilcy of the test data. 
Experiments were conducted for the following purposes: 
0 Calibrate wet test and thermal marl8 flow meters 
0 Determine any heat leak into the calorimeter section 
0 Compare heat rate calculated from calorimeter boiloff data with known 
electrical power input into'the caloritneter surface plate 
0 Evaluate effect of temperature gradients on the apparatus (acroos the 
specimen) on specimen thickness measursment 
The wet-test meter was calibraled using a water displacement method to force a 
known volume of gas (saturated air) through the meter. Calibration data for several 
flow rates a re  shown in Fig. 9-3. The thermal maea flow meter then was calibrated 
against the wet-test metar u e i q  a dry nitrogen gas, The metere were installed in 
the constant-temperature chamber and operated at Ithe pressure and temperature 
that a re  maintained during the conductivity tseting. This meter is umd both to 
obtain a conthuous record of boiloff and as a check for the wet-test meter. 
The heat leak into the calorimeter rrection through supports, fill and vent tubes, etc., 
was measured using the eonfiguration illustrated by Fig. D-4. A negligible amount ssi' 
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Fig. D-3 Wet Tes t  Flow Meter Correction 
GUARD CALORI- 
METER 1 GUARD 
INDIUM 
COPPER PLATE 1 INCH MLl 
Fig. D-4 Apparatus Configuration for Heat-Leak Test 
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heat enters the bottom of the calorimeter a s  it can only transfer heat by radiation 
exchange with an environment that is a t  its own temperature because of the thermal 
shorting of the plate to the guard section. For a 0.5" R temperature difference, a 
heat rate of 2 x log3 B t u h r  would enter the calorimeter across the bottom surface. 
The he& rate into the calorimeter was measured at three different timeu during 
this test program. Measuremento were made a t  the beginning, one-third through, 
and two-thirds through the program. Heat rates were measured a s  5 x 
3 x and 8 x 10'~ Btu/hr. For the last value, the plate temperature was 1 ° R  
above the cryogen temperature, which accounts for a heat leak of 5 x Btuhr .  
A final calibration experiment was conducted a t  the start of the test program to com- 
pare calorimeter heat rate based on boiloff conditions with a known electrical power 
input to the bottom plate. A 0.5-w resistor was attached to the calorimeter surface 
plate, using a thermally conductive silver-filled epoxy adhesive. The comparison 
between electrical power input to the resistor and calorimeter heat rate is shown by 
Fig. D-5. The maximum deviation between electrical and boiloff heat rates is 8 per- 
cent and this occurred at the minimum heat inplt condition of 0.1 ~ t u h r .  
The effect of temperature gradients within the apparatus on the specimen thickness 
measurement was evaluated during the course of Taek 1 testing, using a fused- 
silica diec 3.5 in. in diameter by 0.5 in. thick. This block was placed in the 
calorimeter, and the hot- and cold-boundary plates were brought in contact with 
the disc. A thickness measurement wae made using the dial indicator with the 
apparatus a t  room temperature. The reservoirs were then filled with LN2 and 
after thermal equilibrium was established tbe dial indicator reading was again re- 
corded. This reading was checked four times by bringing the ram to the fully closed 
position as determined by pump presmre. The dial indicator reading wae within 
1 x in. d the disc thickness. Correction for contraction of the Bpecimen is less 
than 10'~ in. 
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EXPERIMENTAL UNCERTAINTIES 
The uncertainty of effective thermal conductivity is a function of the errors associated 
with the experimentai data (i. e. , boiloff, temperature, etc . ) and those caused by the 
insulation anisotropy. The latter two-dimensional effect was evaluated experimentally 
for several of the specimens tested to assess the effects of heat transfer across the 
sample edge. 
The sources of error in the experimental data are  a s  follows: 
Sam~le  thickness measurement. This ie a direct function of the specimen 
thickness and the gage error. Based on the maximum uncertainty of the 
latter at 3 x in., the maxlmum uncertainty in thickness varies in- 
'*' where AX is h inch units. The per- versely in the form, 6(A4 = = 
centage maximum uncertainty for the thinnest specimen tested is 6 .O9. 
M o w  rate. Baeed on meter calibration data, the volume flow rate 
has a maximum uncertainty of 1 percent. The gas density uncertainty is 
2 percent (considering errore in pressure and temperature measurement), 
which yields a maximum uncertainty of 3 percent in mass flow rate. 
0 Calorimeter heat rate. This error is calculated from the electrical input 
calibration data. For the lowest effective thermal conductivity values 
measured with the apparatus, the calorimeter heat rate was 0.09 ~ t u / h r .  
This corresponds to an error of 10 percent, which decreases.to less than 
0.5 percent for the highest measured heat rates. 
Temperature difference. The maximum uncertainty in temperature differ- 
ence between hot and cold boundaries is 1 percent. 
The maximum error, based upon the measured data, in the sum of the above individual 
maximum errors. 
LOCKHEED MISSILES & SPACE COMPANY 
The errors associated with two-dimeneional heat transfer in the specimens were evalu- 
ated from experiment data for several edge-guard temperatures. Heat flux is measured 
with the edge at  520°R and at 145'R for the maximum specimen thickness. The maxi- 
mum error  is then amumed to be the difference between these two conditions. Maxi- 
mum error  measured was 10 percent and this was for the Mylar closed-cell foam com- 
. posite, which was 1/2-in. thick. A 4-percent maximum e r r o r  wae determined for the 
Mylar/silk netting at a thicknoes of 1/4 in. For thicknesses less than 1/8 in., the two- 
dimensional uncertainty is less than 1 percent. This error  is applied only in the minus 
direction; that is,the measured heat flux may be high due to the edge temperature so the 
calculated conductivity is probably a maximum of 10 percent too high from two- 
dimensional effects. 
On the basis of the measured experimental parameters, the maximum uncertainty 
in effective thermal conductivity varies from 5 to 14 percent as conductivity cie- 
creases from 5 .x loW4 to 2 x loo5 Btu/hr-%OR. The maximum uncerfainty is be- 
tween 10 and 24 percent for the data reported herein. Error bands for each data point 
appear in the g r a w c a l  presentations of the data. 
SXPERIMENTAL PROCEDURE 
After assembly of the insulation specimen, its uncompressed height is measured. 
The specimen is placed on a flat surface and a dial gage is used at four locations 
around the specimen. An average is used in reporting the data. The FP.C apecimen 
thickness gage is verified by comparison with gage blocks placed between the hot- 
and cold-boundary surfaces. The specimen ir then placed in the apparatus, the 
cryogen reservoirs a re  tnstalled, and the chamber is evacuated. When chamber 
pressure reache. 1 x log5 torr,  the .peoimen t h i c h s  is set to 90 percent of its 
uncompre~sed thickners. The cryogetn remrvoiru are filled and power is applied 
to the heaters, Use of slight compression merely ensures that the specimen and 
plate are  in contact. The teot is continued until equilibrium umditione are achieved 
a s  determined by pressure, temperature, and boilaft data over a 6- to 10-hr period. 
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Typically, test periods are 24 to 48 hr, At  the completkon of a bet ,  the apectmen 
thickness ie decreraed to the next derired mttlng. Nonnally the prooedure ha8 been 
to continually decreaae thidcneaa. In Speoimsn 11 tmtq, however, the hyotereeia of 
the specimen was cheoksd and the thioknsrr at firat decreared; inoreared thicknear 
wsla then teated. 
Data recorded during a teat for heat-tranafer oaloulatbnr r r e  boiloff flow, aa 
determined by both wet-teat and ma88 flow metera; g u  temperature at the wet-test 
meter; calorimeter, guard, wet-teat metar, and vaouum ohamber abaolute preerures; 
hot surface, edge, nnd guard reservoir temperatures; and ample  thickmar. Effective 
thermal conductivity of the aample ia oalculated from 
Where Q is the calorimster heat rate (~ tu /hr ) ,  AX is mamp1e thldcneas baaed upon 
C 
distance between hot and cold aurface plates (ft), A* la oalorimetar plate area  (ft5 
and AT is the temperature difference between hot and cold mrface platee (OR). 
Qc is calculated from the maea flow rate of the boiloff gaa times the lotent heat d 
vaporization of the nitrogen at  30 in. of Hg and 139% (86 ~tu/lb). Mma flow rate 
is calculated from ths wet-teat m&r data and verified by the thermal ma88 flow 
meter, Volume flow rate ie converted to maoa flow rate uriag wet-teat meter pree- 
sure and temperature with the corredion for gar maturated with water vapor. Agree- 
ment between maas flow rater ie within 3 peroent. 
Appendix E 
CALORIMETRIC EMITTANCE AND REFLECTANCE MEASURING EQUIPMENT 
This appendix describes all of the equipment and procedures used to measure the shield 
emittance and reflectance data presented in Task 1. 
DESCRIPTION OF CALORIMETRIC APPARATUS 
The apparatus shown in Fig. E-1 consists of a copper supporting structure for the 
sample and black body receiver and a vacuum-tight stainless steel shell that surrounds 
the supporting structure. Vacuum access to the shell i s  provided through a l-in. stain- 
less steel tube welded in place. 
The entire apparatus i s  fitted to a 30-liter, double-walled dewar. The dewar1s inner 
section can be filled with either liquid nitrogen o r  liquid hydrogen, thus providing a 
low-temperature thermal ground for the apparatus. With liquid nitrogen in the dewarts 
guard section the shell aesembly can be kept completely covered with a cryogenic fluid 
for a period of 24 hr. 
The 2-1/2 -in. diameter by 3/16-in. -thick aluminum sample substrate is clamped to 
the supporting structure through a 1/2-in. OD by 10 mil (wall thicknessj stainless 
steel tube, which is epoxied to its back face. Sample bmperature is controlled from 
100" to 540°R by a 200-ohm apiral-wound heater mounted to its back face. Also, 
clamped to the sample's back face is a Roeemont Engineering Co. 104 AH1 platinum 
resistance thermometer. Using calibration data eupplied by Roaemont, this thermo- 
meter is accurate to i 0.05° R. 
The black body receiver consists of a 2-1/2411. -OD by 1-1/4-in, -high aluminum shell 
assembly, which is open at one end. The interior of the shell is fitted with an array of 
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1-1/2-in, -long aluminum tube and painted with Cat-a-Lac flat black paint. The geome- 
try of the assembly, coupled with the high absorptmce of the black paint, produces a 
very effective black body with an absorptance of 0.98 for the thermal radiation involved 
in this experiment. 
The black body is clamped to the supporting etructure through a 1/2-in. rod o r  tube 
of varying materials. By using different thermal links the black body equilibrium 
temperature can be controlled. 
The black body back face is equipped with a Texas hstrumente germanium resistance 
thermometer or R Rosemont Engineering Co . platinum resistance thermometer , 
depending on the expected temperature of the black body receiver. For calibration 
purposes the black body is also equipped with a 200-ohm carbon resistor heater. 
EXPERIMENTAL PROCEDURE 
The procedure consists of first  making emittance power measurements and then cali- 
bration measurements. 
Ehittance Measurement 
The black body and sample a r e  clamped in place with the front faces spaced approxi- 
mately 30 mils apart. The shell assembly ie  then bolted together and lowered into the 
30 liter dewar. While at, room temperature the apparatus is evacuated to a pressure 
of 10" mm Hg. Liquid nitrogen is then added to the dewarts guard section while the 
space surrounding the shell assembly is filled with liquid hydrogen. The pressure is  
then reduced to mm Hg. 
After allowing both the eample and black-body receiver to cool to ground temperature, 
the sample heater is set for the desired epmple temperature, The thermal energy 
from the samplefa front eurfam ancreasse the temperature of the body. For this 
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series of measurements, the black-body thermal link was chosen so that black-body 
temperatwe would not exceed 70" R when using liquid hydrogen a s  the thermal growd. 
Thie minimizes the radiation energy loot by the blaok-body receiver, both to the ' 
blackened shell walls and to the front face. 
Once sample and black-body temperature equilibrium a re  attained (approximately 18 hr) ,  
their respective temperaturee are  recorded. A four-lead technique is ueed for these 
meaaurements . A k e d s  and Northrop K-3 potentiometer is used for voltage measure - 
ments. Current measurements are  made using a precision standard resietor in con- 
junction with the K-3 potentiometer. 
Calibration Measurements 
To define the thermal energy reaching the black body from the sample, it is necessary 
to calibrate the black-body receiver. This i s  accomplished by allowing the sample to 
cool to the cryogenic bath temperature and supplying heat energy to the receiver through 
a 200-ohm carbon resistor heater mounted to its back face. Once black-body thermal 
equilibrium is attained, the powerv dissipated in the carbon resistor is measured and the 
temperature (thermometer resistance) is recorded. The process is then repeated for 
different power levels. A curve of black-body temperature versus power input to the 
black body then can be generated. This technique produces a very reproducible curve, 
since not only the black-body thermal link but all the leade to the resistances mounted 
on its back face a r e  thermally grounded to the cryogenic bath. Power measurements 
a r e  made using the four-lead technique with the K-3 potentiometer and a precision 
standard resistor. 
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EMITTANCE CALCULATIONS 
Nomenclature 
black body functional area, ft 2 
*b 
sample frontal area, f t  2 
*s 
ab black body absorptance , dimensionless 
black body absorptance for sample radiation at TC and sample at 37' o r  
140°R, dimensionlees 
a~ 
sample a b s ~ r p ~ n c e  for black body radiation at Tb and sample at Ts, 
dimensionleee 
a$ sample absorptance for black body radiation at Tb and sample a t  37" o r  140° R , dimen~ionless 
F eample to black body view factor = black body to sample view factor, 
,dimensionless 
Qc calibration power input (heat flux), BTU/hr 
QL heat flux to black body thermal link, BTU/hr 
Tb black body temperature, " R 
Tc sample bmperature for  calibration (37" o r  140' R) 
Ts sample temperature, " R 
Yc heat flux from black body to wall during calibration, BTU/hr 
Ys heat flux fmm black body to wall during sample r w ,  BTU/hr 
u Stefan-Baltemann constant, 1.71 x l om9 ~ ~ ~ / h r - f t ~ - " ~ *  
€b black body emittanue a t  Tb , dimensionless 
5 3  sample emittance at Ts , dimensionless 
With a radiating sample present Lhe heat flux reaching the black body themal, link is 
equal to the radiated sample energy, which is absorbed by the black body, minus the 
radiated black body energy which is absorbed by the sample o r  the chamber walls. 
Therefore: 
and during calibration the heat flux reaching the link is 
QL = Qc - QR - YC 
where 
4 "q, QR = A u T  F 4 - - AsuTCF-- % s 2 (E. 2) 2 1 - F (1 - cb)(l - ak) 1 - F (1 -Q(l  - 3 3 )  
Thus, QL has been defined with a radiating sample present and for a calibration heat 
input QC ; therefore, for corresponding black body temperatures combining Eqs. (E. 1) 
and (E. 2) yields 
At equal black body temperatures Yg = YC . Also. since T,, and Tc c< T s the second 
term on the left side and the second and third te rms  on the right side of Eq. (E. 3) can 
be neglected which iritroduces an error calculated to be less than 1 percent. 
'C. 4: 
6% 
The resulting equation is 
The emittance E can now be calculated because all of the terms in Eq. (E. 4) are 
S 
known, including a . .  The latter was calculated using an iterative process and data 
obtained by substituting a black body radiator identical ta the absorber for the sample. 
The emittance, or  absorptance, of the black body was found to be 0.98 h 0.01 from 
100" to 470°R. 
ERROR ANALYSIS 
Most of the errors  in this measurement technique can be attributed to errors in 
measuring the terms in Eq. (E.4) 
Probable Error = 
where 
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In addition to these, other e r ro r s  include: 
Heat transfer due to residual gas conduction, < 0.1 percent 
At the lowest sample temperature, changes in both temperature 
due to shifts in vapor pressure over the bath, < 2 percent 
Error  introduced because a; a! < 0.5 percent 
Thus, the approximate e r ro r  for the values of rs in the 200' to 540' R range is 2.0 
percent. For the lowest sample temperatures ( f i r  140°R) the estimated e r r o r  is 2.5 
percent. 
DESCRIPTION OF REFLECTANCE APPARATUS 
Cary Spectrophotometer 
A Cary Model 14 double-beam spectrophotometer (Fig. E-2) is used for the measure- 
ment of near-normal reflectance in the apectral range of 0.27 to 1.8 microns. The 
sample surface and the standard (vacuum-deposited silver) a r e  diffusely illuminated by 
the sphere, and continuous comparison is made between the near-normal reflectance 
of the specimen and that of the standard. 
Gier-Dunkle Integrating Sphere With Monochrometer 
A Gier-Dunkle Model SP 210 integrating sphere with Perkin-Elmer ~ o d e l  98 monochrom- 
eter is used for the measurement of near-normal and angular absolute spectral reflec- 
tance from 0.20 to 2.5 microns. In this apparatus the specimen, mounted inside the 
sphere, is illuminated monochromatically, and the reflected energy is collected by the 
high-reflectance surface of the sphere. Reflectance measurements a r e  made using 
single-beam, point-by-point measuring techniques. 
The apparatus has a higher degree of accuracy than the Cary Model 14. The Cary 
sphere is small and has relatively large apertures for entrance and exit of sample, 
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reference, and sphere illumination beams. The sphere is illuminated by external 
optics, and the reflected sample energy is directed to the entrance slits of the mono- 
chrometer. Because of large apertures, a bright spot from the illuminating beam, and 
the small sphere size, it is obvious that the instrument has significant sources of 
error.  The absolute magnitude of e r ro r  is considerably reduced by establishing oper- 
ational procedures which circumvent the major difficulties. Normal operations in this 
laboratory call for calibration of the system against a known first-surface aluminum 
mirror. This is done by setting reflectance values at each wave-length to correspond 
to the known mirror  properties. Unknown samples a r e  then run, and the reading i s  
obtained in absolute reflectance units. This procedure minimizes but does not elimi- 
nate effects of the apertures and bright spot. The data obtained a r e  relative in the 
sense that the instrument is initially calibrated against a known surface. Therefore, 
continuous checks must be made to assure the validity of the values used for the cali- 
bration. The instrument is used a s  a control for large numbers of samples since it is 
fast, easily operated, and within limits has reasonable accuracy. Where changes in 
spectrum or  comparisons among identical samples a re  desired, it is a highly useful 
laboratory pool. 
In view of the relative nature of Cary results, it is also necessary to obtain a limited 
number of absolute measurements to verify the Cary spectrum. These measurements 
are performed using a single-beam Gier-Dunkle integrating sphere attached to a 
Perkin-Elmer Model 98 monochrometer. "Ms sphere is much larger than the Cary 
9.5 -in. diam. ) , has only two small apertures (entrance port 1-in. diam. , detector area 
1-in. diam. ) , and does not suffer from direct sample illurnhation of the detector. The 
sample is centrally mounted in the sphere and may be rotated at angles from 0 to 90 deg 
relative to the entrance port. When the sample is normal to the port, its shape factor 
to the hole is approximately 0.011. This construction permits direct measurements of 
the absolute reflectance of test samples and also permits cross checks which verify the 
validity of data obtained. 
In normal operation, a 1-in. disc sample is mounted on the sample 
10 deg off axis from the entry port. Monochromatic energy is then 
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holder and rotated 
directed alternately 
to the sphere wall and then to the sample. Detector response is  ratioed for each beam 
position with the ratio of reeponee being the absolute reflectance of the sample. This 
procedure is repeated for each required wavelength throughout the spectral region 0.50 
to 2.5 pm. 
The Gier-Dunkle instrument can determine spectral reflectance with an accuracy of 
1 percent, and can be cross-checked to assure that operation i s  producing this pre- 
cision. Sample rotation may also be used to determine the extent of entry port losses 
so corrections can be applied for this effect. However lecause of its manual operation 
the measurements are time consuming and must be a.csomplished by highly skilled per- 
sonnel. Therefore, only a limited number of such determinations were made on test 
samples. 
When initial measurements were made using the Gier-I)unk1e sphere and the results 
used to calibrate Cary measurements on identical samples, it was possible to obtain 
accuracies of * 2 percent in reflectance. 
GIER-DUNKLE HEATED-CAVITY REFLECTOMETER 
To measure spectral reflectance between 2 and 25 microns, a Gier-Dunkle Model 
HC-300 heated cavity reflectometer is used in conjunction with a Perkin-Elmer Model 
98 monochrorneter and a Brewer Model 128 chopper-amplifier system. The optical 
system is a single-beam, double-pass arrangement. Near-normal reflectance 
measurements are made point-by-point at each wavelength of interest. For most 
sample surfaces, the limit of precision for each reflectance measurement is on the 
order of * 0.001 to a 0.002, and the maximum absolute error  lies between 10.005 and 
;t 0.010, depending on the surface characteristics and reflectance of the sample. A 
brief discussion of the major eourcee of measurement error  ie given in the following 
paragraphs. 
The heated cavity reflectometer contains a cooled sample that is irradiated by a 
surrounding hot cavity. Radiant flux, reflected from the eample in a small solid 
angle about the polar and azimuthal angles to the surface, is viewed. The major 
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sources of er ror  are  associated with nonuniformity of the cavity wall intensity and 
with sample emission. Principal factors contributing to nonuniform intensity are (1) 
the presence of the water-cooled sample and sample holder, (2) specularity of the 
cavity walls, (3) temperature gradients along the cavity walls, and (4) the presence of 
the vicwing port, By careful design of the cavity and sample-holder geometry and of 
the cavity heater circuits, the effects of the first three factors are  reduced to negligible 
proportions relative to the viewing-port error. For a perfectly diffuse sample, the 
shape factor from the sample to the viewing port is 0.035 cos 8. Thus, at near- 
normal viewing angles, an error  of 3.5 percent is introduced. For a perfectly specular 
sample, the measurement at 0 = 0 deg is invalid since the reflected flux viewed 
from the sample originates from the viewing port itself, At angles of 6 greater than 
about 15 deg, however, there is no error  for a specular sample since the reflected flux 
then originates entirely from the cavity wall. For an arbitrary sample that is neither 
perfectly diffuse nor perfectly specular, some knowledge of the reflectance distribution 
function o r  bidirectional reflectance is necessary to assess the viewing-port error. 
Measurement er ror  due to sample emission is negligible for high-reflectance, metallic 
samples because of their low emittance characteristics. For low reflectance, poorly 
conducting dielectric sample materials, the emission error  can usually be minimized 
by using thin specimens on good conducting substrates and by increasing the sample 
coolant flow rate to maintain the surface temperature of the sample near room tem- 
perature. For severe cases, where sample emission cannot be avoided, a thenno-- 
couple can he attached to the sample to obtain a measure of its temperature, and an 
analytical correction applied to subtract out the emitted energy a t  each wavelength. 
Sources of er ror  associated with stray energy scattering by the optical components of 
the monochrometer a r e  minimized by the use of a scatter plate of long wavelengths 
(i. e. , A > 11 pm) and by filters. A glass filter with a long wavelenth cutoff of 4.5 pn 
is used for measurements a t  A < 4 pm , and black polyethylene filters a re  used for 
measurements at h > 20 pn . For measurements between 2 and 14 ptn , a sodium 
chloride prism is used in the monochrometer; for measurements between 11 and 25 pm , 
a potassium bromide prism is used. 
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COMPARTIVE EMXTTANCE MEASUREMENT 
Lion &tical Surface Com~aratcrr (Emissometem] 
Lion Research Corporation Model 25 emiesometer (Fig. E-3) is used for comparative 
measurement of the emittance of reflective coating8 on multiiayer radiation shields. 
This unit is a radiometric comparison instrument that functions in the following way: 
First, the detector views a 1.5-in. - d im .  surface area. Energy emitted from the 
surface passes through a KRS-5 window and is detected with a cooled thermopile that 
is mounted in an evacuated chamber. Before each measurement, the detector output 
is calibrated using three standards. The temperatures of the a tandard and the speci- 
mens a re  kept the same for a measurement. An aluminum standard having a total 
hemispherical emittance of 0.035 is used for the reflective shield materials. 
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Appendix F 
PROPOSED SPECIFICATION FOR REFLECTIVE-SHIELD EMITTANCE 
The purpose of this proposed specification is to present methods which can be used 
by the suppliers and the customers (Government and aerospace industry) to e-raluate the 
emittance of vacuum-metallized plastic-film materials that are  used as the rzflective 
shields of multilayer insulation. The customer could specify material of a certain 
emittance (at room temperature) and would employ the methods proposed herein to 
ensure compliance with the specification. The supplier could use the same measure- 
ment techniques for quality control. 
The ideal test method is one that directly and accurately measures the total hemis- 
pherical emittance of the material over the temperature range at  which it is to be used, 
This type of test, however, is time consuming and costly. For example, the test 
equipment is expensive and typical test times a r e  1 to 2 days for each temperature 
point. Also the complex apparatus requires skilled tachnical personnel to perform 
the measurement and to interpret the raw data. Ideally, the method should be one 
which can be accomplished in a short time by general quality asaurance laboratory 
technicians. The proposed method meets the time requirement, but the testa must 
be performed by qualified laboratory perslonnel. 
Two basic methods fulfill the requirements for inspection of the metalized material. 
One employs a radiometric comparison of the energy over a wide spectral band from 
the specimen to that from a well-characterized standard. 
The second is based upon spectral reflectance measurements. Both methods are  used 
to compare a number of metallized films a d  their calculated emittance values with 
total hemispherical emittance data, The Idon Model 25 emissometer was used for 
comparative data, Another device (Ref. P-I) ie on the market which should be an 
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acceptable substitute for the Lion apparatue, and it does not require the careful 
specimen and standard temperature control necesoa~ry for the Lion. 
A Gier-DunMe heated cavity reflectomebr and integmting ephere and a Beckman 
DK-2 spectrophotometer were ueed for the reflectance reaeuremente. The heated 
cavity is  suitable for measurement to long wavelengths, which ie desirable for calculation 
of total normal room-temperature reflectance. The integrating ephere device covers 
the ultraviolet,visible, and near-infrared spectral regionro (2.5 to 2 .8~) .  They a re  
somewhat less costly and are  in more general uee in the laboratoriee of vacuum 
metallizing. If these are  wed,  certain aaeumptiona muet be made regarding the 
correlation between ahort- and long-wavelength reflectance of the metallized surfaces, 
For the comparative method, the room-temperature emittance data from the Lion 
are  compared with calorimetrictotal hemiepherlcal emittance data in Table F-1. 
An aluminum-foil standard of cTH = 0.036 w a s  used for all comparative measurements. 
Table F-l 
COMPARISON OF LION EMITTANCE WITH TOTAL HEMBPHERICAL EMITTANCE 
Gdd/ Kapton 
D-A-M (0.25 mi.1) 
S*-A-M (0.15 mil) 
D-A-M (cxdnkled) 
1 S-A-M (0.25 mil) I 0.040 I 0,030 -. 
The Lion emieeometer emitfame agreea with the calmimetric value8 within *0.005 
except for the NRC-2 material which wru 0.010 higher. This io due to the effect of 
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the crinkled surface on the Lion measurement. The D-A-M crinkled material was 
smooth and the surface effect was not as pronounced. A s  a specification, gTH is 0.03 
o r  less, and cLion should not exceed 0.030, 
This device should be used for receiving o r  acceptance testing, The reference standard 
should be verified by the customer and duplicate standards prepared; one should be 
used by the supplier and one by the cuetomer. Also, it is  recommended that a procedure 
be established for periodic verification of the condition of the standards. An acceptable 
standard for the device is Fasson aluminum foil (Lockheed spec-LAC 24-4051 Type 11) 
which was used in the present contract program. 
The spectral reflectance method covers two wavelength regions. The heated cavity 
uses the region of 5 to 25 pm, while the integrating ephere covers the region of 2.5 
to 2.8pm. The former yields absolute near-normal epectral reflectance values. 
These are integrated over the room temperature blackbody spectrum to obtain room- 
temperature reflectance. The room-temperature normal emittance is calculated 
from cN = 1-pN. To obtain a room-temperature total hemispherical emittance of 
0.030, near-normal emittance should hot exceed 0.022. Similarly, for eTH of 
0.035 and 0.025, ei should not exceed 0.025 and 0.018, respectively. 
For the integrating sphere (lW0 coated), spectral reflectance ie measured from 1.5 
to 2.5 lm.  This region wae chosen because the gold and aluminum reflectance 
remain relatively comtant from 1.5 pm to much longer wavelengths. The Gier- 
Dunkle sphere yields absolute reflectance, but the Beckman DK-2 measures re- 
flectance relative to a standard, For thie work, 'the standard was a second surface 
mirror (8 mils of fused silica with a eilver coating). The reflectance data from both 
devices for  the test specimen of thie program are  givet in Table F 2. 
F-3 
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Table F-2 
COMPARISON OF SHORT-WAVELENGTH REFLECTANCES 
- 
Material 
Gold/Kapton 
D-A-M 
D-A-M 
D-A-M, 
Crinkled 
S-A-M 
S-A-M 
Crinkled . 
- 
(a) Heated cavity from 2 to 25pm 
(b) Absolute value from 1.5 to 2.5pm 
(c) Relative to second surface mirror standard (p  = 0.990 at 1.5, 
0.966 at 2.0, and 0.996 at 2.5 pm) from 1.5 to 2.5 pm 
(d) Surface striations in vertical directions. This shows effect of 
surface specularity on measurement in the sphere. 
The short-wavelength reflectance data show a large variation when compared to the 
heated*avity data. T1.3 results for the crinkled surfaces are particularly poor 
with thls method as is shown by the S-A-M crinkled specimen with the structures 
in two directions. The DK-2 has a small integrating sphere!which makes the 
measurement much more sensitive to the specimen surface geometry. Based upon 
these limited data, poor correlation was obtained between short-wavelength re- 
flectance, total normal refle~tance~and total hemispherical and emittance. 
A s  a result, it  is recommended that either a comparison apparatus (such as the Lion) 
or heated-cavity reflectance measurement to 25pm be wed for the inspection of 
metallized plastic substrate reflective-shield material. 
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Appendix G 
COMPUTER CODES USED IN STRESS AND THERMAL ANALYSIS OF SUPPORT 
STRUCTURE AND INSULATION 
In the course of providing the best possible stress and thermal analysis of the 
support structure and insulation in Task 2, several digital computer codes were used. 
A brief summary of each code used is presented in subsequent paragraphs. 
STRESS AlJALYSIS 
Three computer codes were employed in the stress analysis of the conical and strut 
support. considered in Task 2. These include the following programs. 
SAND Program 
The computer code SAND, developed under the Lockheed Independent Development 
Program, performs a stability analysis for honeycomb sandwich cylinders subjected 
to combined uniform axial compression and lateral pressure, either burst o r  collapse. 
Cylinder construction details, together with the applied lateral pressure, are required 
input to the program. 
Critical axial loads for general instability, wrinkling instability, and face dimpling 
are  calculated and presented as output, along with the critical core-crushing pressure, 
General instability i e  calculated using the m e t h a  and data of Ref. G -1, which have 
been extended to apply to cylinders subjected to the combined load environment. 
These methods are  similar to methods for analyzing conventionally atiffened cylinders 
for panel and overall instability, except that the present methods also consider trans- 
verae shear effects because of their importance in sandwich construction. Methods 
for the remaining instability modes are ta1an from MIL-MQSII-23 (Compsitz Con- 
struction). The SAND computer program is coded for sandwich constructions having 
G-1 
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the same effective core ehear modulue in all in-plane directions; i. e., it applies 
primarily to square-cell core geometries. 
MARK IV Program 
The MARK IV computer program performe a structural optimization analysis on 
cylinders stiffened with rings and/or stringers of rectangular croee section and 
subjected to axial ccrmpreesion plus radial preasure, either burst or collapse. 
Three buckling modee are  considered: local instability, panel instability involving 
the stringer-wall combination between rings, and overall instability involving the 
stringer-ring-wall composite. Panel and overall inatability a re  predicted using 
equation similar to those derived by Baruch and Singer (Ref. G -2). Reduction factors 
based on work performed at  LMSC are applied a s  needed to them predictions. The 
criterion for optimum deeign ia identical to that utilized by Zahorski (Ref. G -3) a s  
well aa many subsequent invetlgators. The MARK IV computer program feature8 a 
minimum of input. It permite the ueer to place several constraints on the design in 
order to meet manufacturing and other nonstructural requirememts . A detailed de - 
scription of the optimization analysis, together with nondimensional parametric study 
results, is presented in Ref. G -4. 
SCAR Pronram 
The SCAR computer program (Stiffened Cylinder Analyeis Routine) eolveri for the 
critical buckling loads for cylinders deecribed in input. Thie program ie eesentially 
identical to the MARK IV program except for the driving main program. It is 
written in general terms and is not limited to integral, rectangular ring/etringer 
geometries. Aqy conventional ring/stringer configuration may be analyzed; however, 
since transverse ehear deformattone a re  neglected, eagdwich constmctions, in which 
this effect may be important, may not be handled. SCAR may be used to analyze 
cylinder6 subjected to hydroetatic piremure, or  pure radial collapee pressure may 
be analyzed as special carpee. Tnput coneista of cylinder geometry, material, and 
G-2 
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applied radial pressure (materials may be varied in the rings/stringe:rs/wall). 
Predictions for panel and overall instability are  printed out, together with local 
instability predictions for thoae elements defined by the input data. A detailed 
description of the SCAR computer program is presented in Ref. G -5. 
THERMAL ANALYSIS 
The computer code uaed in computing heat transfer through the tank supports and 
surrounding insulation was the Complete System Thermal Model (CSTM) program. 
A description of this code i s  as  follows: 
Comdete System Thermal Model 
This computer code was developed under NAS8-11347 and incorporates the ability to 
perform three-dimensional transient or  steady-state heat transfer analysis. The 
code i s  written to use a complete difference-formulation of the basic energy relations. 
As used in Task 2 analysis, steady-state heat transfer was computed and temperature- 
. - '  
dependent conductivity of the structure and insulation were used. 
The CSTM is capable of simulating by conquktion in a continuous manner the thermal 
environments during the tank fill and hold operations, during boost into orbit, in 
earth orbit, and in deep space. In Task 2 the latter two environmente were used. 
The code incorporates several valuable features. One feature of the code is  the 
building block routine which automatica~~y mocke-up insulated propellant tank con- 
figurations with minimum input information by the engineer. Another feature is the 
incorporation of gas flow relations which are  employed during simulated ascent 
flight to compute the helium purge gas pressure within the insulation. A detailed 
description of the CSTM and ita capabilities is provided in Ref. G-6. 
This code i s  in frequent uae at Lockheed in analyzfilg heat transfer for cryogenic and 
noncryogenic applications. 
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Appendix H 
GAS FLOW APPARATUS 
The gas flow apparatus used in Task 4 to determine the specific mass flow conductance 
is described in this appendix. 
I DESCRIPTION OF APPARATUS 
I The experimental apparatus was constructed to obtain data on gas pressure drop and . mass gas flow through insulation syeteme with the gas in viscous, transition, and free 
I molecular conditions. Insulation specimens were constrained in a manner similar 
to that occurring on an actual installation. Provision was made for cryogenic cooling 
of the insulation. 
Figures H -1, H -2, and H -3 show the apparatus . The insulation sample is wrapped 
arounci the 4-in.-diam. by 4-ft-long stainless-steel inner specimen can to a depth of 
1 in. The guard can, constructedin two clamshell eections, fits over the outer layer 
of insulation. The guard can is insulated, and the entire assembly ie enclosed in a 
vacuum case. All insulation joints are  eealed with aluminized Mylar tape; and longi- 
tudinal movement of the insulation ie restricted by a spider fitting at the lower end of 
the drum, as  shown in Fig. H-3, 
The drums are  installed vertically (Fig.H-2) and gas flow ie from top to bottom. Gas 
is metered before entering thi headem a t  the top of the appratue. For test at  cryo- 
genic temperatures ( L 3  or  L%), both the outer and inner drums contain the cryogenic 
at  ite normal boiling point. Nylon support8 and radiation shields are employed to 
obtain adequate thermal ieolation. Fill, vent, and aervice lines enter the v;3uum case 
through the removable cover plates with O-ring fittingre. 
Both mechanical and diffusion pump are  used to obtain vacuum conditions. As shown 
in Fig.H-2, the apparatus ia set on the base plate of a etandard commercial 6-in. 
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SAMPLE CAN HEADER 
CRYOGEN FILL AND 
UPPER PRESSURE TAP 
VACUUM CASE 
SPECIMEN CAN 
INSULATION SAMPLE 
INSULATION 
FOR GUARD CAN 
LOWER 
RADlATlON SHIELD 
STANDARD 6 IN. 
VACUUM 
SYSTEM 
Fig, H-1 Schematic of Gas Flow Apparatus 
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REPRODUCIBILITY TESTS 
Experimental procedures were set up based on the pumpdown technique just described, 
Initially, a series of empty-chamber teets were conducted to establish reproducibility. 
The insulation specimen chamber was evacuated and then filled to one atmosphere 
with helium. The cryogen tank was then removed and a gentle flow of helium main- 
tained to prevent moist a i r  from entering the system. 
The specimen chamber was left open for 10 minutes, the estimated time required to 
insert a specimen far  a full chamber run. The cxyogen tank was then replaced, and 
a slight overpressure of 100 torr  was maintained in the sample chamber while the 
flange bolts were tightened. It was not practical to leak-test the flange seal after 
every test; therefore, a very useful feature d the Baratron was employed: the Bara- 
tron can be nulled and the gage switched to more sensitive scales; a pressure of 860 
torr  then can be read by nulling on the 0.1-torr scale. (Thie can be done to within 
k0.020 torr. ) 
The cyclic temperature changes of the pressure-head thermostats produced similar 
pressure fluctuations, with the period being on the order of 1 minute when the speci- 
men chamber was isolated, i. e. , with all valves closed, Thue, satisfactory sealing 
was assumed when the pressure variation measured on the 0.1-torr ecale showed only 
these background pressure oscillations, This criterion proved adequate. Pumpdown 
tests usually began from a pressure of 860 torr  became of thie procedure, 
Initially, tine test cycle consisted of pumpdown, chamber opening, chamber closing, 
and pumpdown, and was repeated four times 'before low-pressure repeatability was 
established. The first  specimen was inserted on the fifth opening. Er ,.jv-chamber 
runct were made before each specimen test. As the te&s proceeded, on:; %vo, and 
later only one, empty-chamber runs were made b e t e e n  tests since reproducibility 
was shown to be adequate. Empty-specimen-chamber runs lasted about 24 hr,  
while runs with specimens in the chamber lasted 72 ta  96 hr. Correspondence 
between the P o  conditions was assumed between points on the pumpdown curves 
, Z 
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at equal preaoure rather than equal time. Errorr introduced by thie wrumptbon can- 
not be eliminated from any outgorring k r b  unlerr elaborate compematory devices 
are  used to maintain identical prerrure hirtorier for full and empty oyeteme. It ie 
more practical to deelga the ryrtem ro that the problem io minimized. In the preoent 
case, We was achieved by relecting a rpecimen-area-to-chamber-volume relationehip 
that would came moot of the outgasring to take place at  prereuree abova 0.02 torr. 
Above thie pressure it was apparent that system outgatsrring wae negligible, and the 
only variable was pumping speed wh.ich is not time dependent. 
TEST PROCEDURES 
The procedures used to conduct the teetu in Task 5 were eeeentfally the same for each 
test. Any difference8 pertained to the time between cloaing the epecimen chamber and 
the beginning of the pumpdown. This wao the period in which preconditioning took 
place. 
Insulation material specimens were etacked eo that with the chamber top in place 
a very slight pressure waa applied to the layers. For the Mylar epecimena the etack 
was 500 circular aheete ; for the Tissuglae epecimens the etack wae 250 sheets. This 
number of eheeb provided etaok heighfa that filled the available 0.400-in space. 
Purging a t  ambient tenapraturer was a straightforward owration. Holium w a s  forced 
to flow through the haulation via the valves described earlier. The flow' rate was mon- 
itored by a wet-test meter in the prrge-gao outlet line. Hat purge waa accompliehed 
by heating flowing nitrogen/helium electrically to about 672'R. The gasee did not have 
enough thermal capacity to warn the rpecimen chamber; therefore, electric hk te ra  
were placed on the outride ol the chamber, ard water wao boilmi in the cryogen tank. 
By theee means, a purge temperahre of approximately 670'R wae acMeved in 4 hr. 
Cooling of the rpecimen wao accomplirhed by filling the cryogen tank with an appropri- 
ate coolant. In the case of the liquid nitrogen te rb ,  about 4 h r  were necea3ary far the 
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insulation to reach a steady temperature of 160°R. The helium pressure was main- 
tained a t  760 tor r  throughout this period. The cooldown period required nearly 
10 hrs,  and an additional 24 hr  passed between insertion of the sample and beginning 
cl' pumpdown. Tests ~t the ice point and at 430°R were made with water and 50/50 
water/acetone in the cryogen tank, respectively. The tests a t  472"R and 50G0R were 
made with ethylene glycol/water and glycerine/water, respectively. A cooling coil 
was built into the cryogen tank for these cases so that the liquid could be partly 
frazer! with liquid nitrogen to provide a constant-temperature, two-phase system. 
In all tests, the outer vacuum jacket was in position and a vacuum of 0.001 tor r  pro- 
vided to reduce heat leak to and from the specimen chamber. 
DATA-REDUCTION TECHNIQUE 
The primary measured data were pressure-time histories. Outgassing mass  rate 
data were determined by applying Eq. (5.1). 
where (g) is the slope of the measured pressure-time curve for the empty chamber 
0 
at pressure p , ( )  is the slope of the measured pressure-time curve for the 
S 
chamber plus the insulation sample a t  the same pressure p ,  and V is the volume of 
the specimen chamber. This relation provides the outgassing rate, Qs , a s  a function 
of pressure. A time i s  assigned to Q from the measured pressure-time curve for 
s 
the full chamber. During pumpdown the empty chamber reaches a given pressure in 
a shorter time than for the full chamber; therefore, an assumption was made that (z) is independent of time and is only a function of pressure. This will be the case 
0 
so long a s  the background outgassing is low. Another assumption implicit in the data 
evaluation i s  that the pumping speed is independent of the gas species being pumped 
from the specimen chamber. 
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GAS ANALYSIS DATA 
-4 The partial pressure gauge could not operate at pressures above 10 tor r  and was 
thus located dcwnstream of the evacuation line, just above the diffusion pump. Even 
' -4 
so, the pressure in the vicinity of the gage did not fall to 10 tor r  until about 20 
minutes of pumping so that all data taken were for times greater than this. The down- 
stream location permitted the background outgassing to be determined by valving 
off the specimen chamber so that the partial pressure gauge sampled only the outgasses 
from itself and the plenum chamber. 
It was originally intended to sample the outgasses continuously during all tests. How- 
ever, i t  was found that in all  cases the outgas was between 96 and 100 percent water 
vapor, with the balance being carben dioxide and a trace of nitrogen. Since this data 
spread is about equal to the experimental accuracy, it i s  presented a s  a general 
conclusion that in al l  of the materials tested the outgas constituents were watei. vapor 
98 6 2 percent, carbon dioxide * 1 percent and nitrogen, traces. 
To show how the data were taken Figs. 1-9 through 1-14 are presented. Figure 1-9 
shows a background scan for the region of the partial pressure gauge. Figure 1-10 i s  
a scan at the same elapsed time for the empty chamber. The difference between the 
scans of Figs 1-9 and 1-10 is due to the chamber and is principally due to carbon 
dioxide and water vapor. The nitrogen levels a r e  practically identical. The peak 
on the left hand end of Fig. 1-9 is a characteristic of the measuring device. Fig. 1-11 
to 1-14 show scans for Test 1, plain double-aluminized mylar, at four elapsed time 
values. It is quite apparent that water vapor is the major constituent. In Fig. 1-14, 
the absolute pressure values have fallen enough so that the chamber background, car-  
bon dioxide, and nitrogen components, (see Fig. 1-10) can be seen. Their magnitudes 
a r e  not identical in Figs. 1-10 and 1-14 but are; close enough to be assumed so in view 
of the differences in elapsed time, and by comparison with the earlier time scans. 
All the scan data for al l  tests were similar to those presented for  Test 1 and their 
presentation would be redundant. 
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Fig. 1-24 Test 1 - Pressure Gage Scans at Four 
Different Times From Initiation of Pump- 
down for Off-Shelf Double-Aluminized 
Mylar at 530" R: Part D 
Appendix J 
A METHOD FOR ESTIMATING "AS-INSTALLED" THERMAL CONDUCTIVITY VALUES 
A comparison of large scale tank test results and cryostat results using the same 
insulation composite shows' the heat flux increases on the order of 1.5 to 8.8 times. 
This increase is due to a number of factors such as insulation system design, fabri- 
cation technique, tank size and shape, compression due to button installations, number 
of layers, folding of flat materials over compound curvatures, variations in installed 
layer density, degradation due to parallel conduction in the multilayers around pene- 
trations and radiation tunneling through joints. 
Techniques a r e  available for estimating the insulation degradation around penetrations 
(Ref. J-1); consequently, these effects can be accounted for. Also, since the total 
number of radiation shields and spacers a r e  constant, the radiation heat flux compo- 
nent for the tank and the cryostat composites should be comparable. 
Consequently, it appears the major portion of the increase in heat flux for installed 
insulations occurs due to an increase in the solid conduction component. If the sim- 
plified assumption is used that compression of the multilayers causes the increased 
heat flux values for tank installations, the following technique can be used to modify 
the thermal conductivity engineering relationships derived from cryostat Yests to "as- 
installedw conductivity values using large scale tank test data. This technique is an 
over-simplification of the problem and only provides an indication of the thermal con- 
ductivity values to be expected. Nevertheless, until other techniques a r e  developed 
for predicting the degradation due to insulation installation, these relation ships a r e  
useful tools for  estimating thermal performance of installed insulation systems, 
The method shown below uses D - A - ~ / ~ i s s u g l a s  a s  an example. The remaining 
equations provided at the end of the Appendix for C - D - A - ~ / ~ i s s u g l a s  and NRC-2 
uaed the same technique. 
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1. Solve for Rs using the measured ke from the large scale tank trst results 
(where % is a hypothetical layer density required to increase the solid conductioil 
value to that which is measured on the tank) 
solving for RS gives 
(J. 2) 
where 
k = 1.74 x ~ t u / h r  ft OR for a 9 ft 0 ellipsoidal LH2 tank (Ref. J-2) 
e 
Th = 209"R 
2. Next, insert the ratio of (Rs/Rtank) = 274/140 = 1.96 into the conductivity 
equation where Tank = installed layer density. This ratio increases the solid con- 
duction component an amount equivalent to the increased heat flux noted for the large 
scale tank test results (as compared to the cryostat results). 
12 - 2  1.70 (T: + T ~ ) ( T ~  + T J ~  
',)tank = 7.0 x 10- (N) TM + {N - 1)[(2/€) - 11 (J* 4) 
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Similarly, the as-installed conductivity values for the other insulation composites 
were calculated to be: 
Test data from cylindrical SH2 dewar 153-in. long by 42 in. diameter (Ref. J-3). 
-10 - 2 u(.i + T:)(T~ t T J ~  (k = 2 .0  x 10 (N) TM + tank 
Test data from spherical 5-ft tank (Ref. 5-4). 
J-3 
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NOMENCLATURE FOR APPENDIX J 
ke = effective thermal conductivity. ~ t u / h r  ft OR 
N = number of radiation shields 
Ns = hypothetical layer density. rad. shields/in. 
t = insulation thickness, ft 
Tc = temperature-cold boundary, "R 
Th = temperature-hot boundary, "R 
E = emittance, dimensionless 
2 
a = Stefan-Boltzmann constant 1.713 x lo-' ~ t u / f t  hr "R 
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Appendix K 
SAMPLE EFFECTIVd WEIGHT PENALTY CALCULtATIONS 
To illustrate how the effective weight penalty equations Jven in Task 1 were used to 
calculate performance data, sample calculations a re  provided here for the C-D-A-M/ 
Tissuglas insulation composite. Refer to Task 1 for the derivation of the equations 
and input data used in the calculations. 
In these calculations, the true optimum case was selected by determining the time 
when boiloff was initiated and comparing this time with the assumptions used in deriv- 
ing the equations. The true optimum case can also be determined be calculating 
effective weight penalties for each case and selecting the minimum value. 
EARTH DEPARTURE STAGE 
Calculate 6 OPTA 
in Earth orbit) and 
(boiloff assumed in Earth orbit) and 6 0 p ~  (no boiloff assumed B 
compare. 
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Since 60pTB < 6 0 ~ 7 - 4 ~  and no boiloff occurs in Case B, then (W1 ) < (W!+A s o  T B 
the effective weight penalty i s  given by 
MARS BRAKING STAGE 
Calculate 60pTA (boiloff assumed in Earth Orbit and Mars Transit) 
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I = I  - 
Check to see if boiloff occurs in Earth orbit by calculating Earth orbit heating, Q1 , 
and compare to the heat storage capability, Q S ' 
Since QS = 710,400 Btu Q1 < QS . Therefore, no boiloff occurs in Earth orbit and 
Case A does not apply. 
Next. calculate 6opT (boiloff assumed in Mars transit only). B 
Check to see  if boiloff occurs in Earth orbit. 
7.6 x (5856) (360) (720) + 393(120) Q1 = ( 0.133 
Q1 = 370,080 Btu 
Qb = Qs - Q1 = 710,400 - 370,080 
Qh = 340,320 Btu 
Therefore, no venting is required in Earth orbit. 
K-3 
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Next, calculate the weight of boiloff in Mars transit. 
where Qb = QS - [ J K ~ A ~ T / ~ ~ ~ ~ ~  ) $1]'1 
Since the boiloff number is  positive, Case B is the correct optimum. Therefore, the 
effective weight penalty i s  given by 
MARS DEPARTURE STAGE 
Calculate 6omA (boiloff assumed in Earth orbit, Mars transit and Mars orbit). 1 
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h - 1  1 I 1 m I m I 
Check to see if hoiloff occurs in Earth orbit by calculating Earth orbit heating. Q1. 
and compare to the heat storage capability, Q S ' 
Q1 = 392,400 Btu (K. 11) 
Since QS = 745,920 Btu Q1 c QS . Therefore, no boiloff occurs in Earth orbit and 
Case A does not apply. 
Next, calculate bpTB (boiloff assumed in Mars transit and Mars orbit). 
Check to see  if boiloff occurs in Earth orbit by calculating Earth orbit heating, Q1, 
and compare to the heat storage capability, Q s ' 
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Q1 = 385,200 Btu 
Qs ' Ql (K. 13) 
Therefore, no venting occurs in Earth orbit. Next, calculate the remaining heat 
storage capability in Mars Transit, Q$, and compare to the Mars Transit heating, Q2. 
Q$ = 360,720 Btu 
Q2 = 911,648 Btu 
Since Q2 > Q$, venting occurs during Mars transit and Case B is valid. 
Next, calculate boiloff weights for Mars transit and Mars orbit and calculate overall 
weight penalty. 
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6 0 ' IRImlMmmwq- 
Therefore, the overall tveight penalty is  
(K. 16) 
10) (0.118) 
(K. .17) 
A check i s  then made to see  if Case C i s  valid (boiloff during Mars orbit only). First, 
calculate the optimum insulation thickness, 
(K. 18) 
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' alY - 
Thcn check to see if boiloff occurs in Earth orbit or Mars transit, 
Q1 = 371,520 Btu 
Q2 = 902,720 BCu 
Since Q2 > Qb , boiloff occurs during Mars transit and Case C is invalid. 
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NOhlENCLATURE FOR APPENDIX K 
Superscript 
tank surface area, ft 2 
thermal conductivity, Btu/hr ft OR 
heat, Bt.u 
heat, Mars transit Btu 
heat, Mars orbit, Btu 
heat rate, Btu/hr 
Subscript 
temperature, O R  
weight. lb 
effective weight, lb 
thickness, ft 
heat of vaporization, ~ t u / l b  
initial weight partial (partial of pounds in Earth orbit equivalent to pounds 
carried through designated mission duration), dimensionless 
density, lb/ft3 
time, hr 
1 , 2 , 3  
A,  B, C 
BO 
I 
OPT 
P 
s 
T 
Earth orbit, Mars transit, Mars orbit, respectively 
Case A ,  B or  C 
boiloff 
insulation 
optimum 
penetrations 
stored 
total 
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